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OF A 12 -FOOT -SPAN FIGHTER-TYPE WING OF 

NACA 230-SERIE3 aIRFOIL SECTIONS 

By E. 0. Pearson, Jr., A. J. Evans 
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SUMMARY 


Force and pressure-distribution measurements were 
made on a fighter-type wing model of conventional 
NACA 230-series airfoil sections in the Langley 16-foot 
high-speed tunnel to determine the effects of compressi- 
bility cn the maximum lift characteristics and the span- 
wise load distribution. The range of angle of attack 
investigated was from -10° to 24°. The Mach number range 
was from 0.20 to 0.70 at small and medium angles of attack 
and from 0.15 to 0.625 at very large angles of attack. 


In the Mach number range from 0.15 to 0.55, the 
maximum lift coefficient first increased with increasing 
Mach number and then decreased rapidly after having 
reached a peak value at a Mach number of 0.50. At Mach 
numbers higher than 0.55, the rate of decrease of maximum 
lift coefficient with Mach number was considerably reduced 
At these higher speeds the lift coefficient continued to 
increase with angle of attack well beyond the angle at 
which marked flow separation or stalling occurred, and 
the maximum lift coefficient was reached at angles 10° 
to 12° beyond the stalling angle. 


No significant changes in the span load distribution 
were found to occur below the stall at any of the test 
speeds. When the wing stalled at high speeds, the 
resultant load underwent a moderate outboard shift, which 
resulted in increases in root bending moment up to about 
10 percent. 


2 


CONFIDENTIAL 


IT AC A ACR No. L5G10 


INTRODUCTION 


Wind-tunnel tests $f a rectangular wing of NACA 0012 
airfoil section (reference 1) showed that the maximum lift 
coefficient reached a peak value at the low Mach number of 
0.19 and decreased rapidly as the Mach number M was 
increased, from this value up to the highest Mach number 
of the tests (M fe 0.35) . Although these tests were 
necessarily limited in scope, they indicated the importance 
of a knowledge of the effect of compressibility on the 
maximum lift coefficient both in the estimation of the 
maneuvering performance and loads of high-speed aircraft 
and in the- interpretation of wind-tunnel maximum lift 
data as applied to the -prediction of airplene character- 
istics at low speeds. 

Mhre- recent two-dimensional, wind-tunnel tests of a 
number of propeller-type .airfo.ils over a relatively large 
Mach number range ( ref erence 2) showed effects for the 
thicker airfoils similar .to those of reference 1 and in 
addition .showed large increases in the maximum lift coef- 
ficient starting at. Mach -numbers of about 0.5. Flight 
tests of fighter airplanes reported in references 3 and 4 
showed large decreases in the lift coefficient corre- 
sponding to the stall .up to Mach numbers of about 0.6. 

A high-speed wind-tunnel investigation of a number 
of three-dimensional wings of different airfoil sections 
has been undertaken to provide more detailed information 
on the .high-speed stalling phenomena. Measurements to 
determine the effect of compressibility on the spanwise 
load distribution were included in the program because cf 
the related importance of the load distribution as a 
determining factor of the strength requirements of wings . 
The present report gives the preliminary results of force 
and pressure measurements in the Langley 16-foot high- 
speed tunnel on the first of a series of wings. The 
model tested was a fighter-type wing having an aspect 
ratio of 6, a taper ratio of 2:1, and conventional 
NACA 230-series airfoil sections. 
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SYMBOLS 

V 

true airspeed, feet per second 

a 

speed of sound in air, feet per second 

T/r 

ill 

Mach number (V/a) 

p 

air density, slugs per cubic foot 

q 

dynamic pressure, pounds per square foot ^JrpV J 

R 

„ x ( pc V ) 

Reynolos number W / 

\ [i< / 

V- 

coefficient of viscosity of air, slugs per 
foot-second 


The foregoing symbols represent the undisturbed 
stream values. 


c 

cross-sectional area of the tunnel at the throat, 
square ihet 

D 

equivalent diameter of the tunnel test section, 

fect yfj 

S 

b 

viing area, square feet 
wing span, feet 

y 

epanwise distance measured from the plane of 
s ynmo try, feet 

C 3 

airfoil chord at plane of symmetry, feet 

C 

mean chord, feet (S,/b) 

c 

airfoil chord at any spanwise location, feet 

t 

• 

mamunur thickness of airfoil section corresponding 
to the mean chord, feet 
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wing lift, pounds 
wing lift coefficient 
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section normal force (force per unit span) , pounds 
ner foot 


section normal-force coefficient 
load coefficient 


( Jld, 
V q 7 

/ * 


\ 


wing normal-force coeffici 


lent 2 ^/'“o n f d y 
\ ' dO c s J 


corrected angle of attack of the root section 
(section at the plane of symmetry), degrees 

angle -of -attack correction due to the jet 

boundary-induced upwash at the lifting line. 


degrees (57.3 6 


( ~. r; rz c S 


V 


- \ 

U L) 

/ 


i + . JL 

■rf + 

JL ( b \ 8 + . . 

16 

\») 

64 \p) J 


a function of the ratio cf wing span to tunnel 
/ 

/ "I 

diameter [~ 

\ 8 

angle-of-attack correction due to the jet 
boundary-induced streamline curvature, 

1 Lj 


degrees 


1-05 c 


*.2 


D 


AttT 


yi - M c 

APPARATUS AMD METHODS 


A diagrammatic sketch of the wing model used irr the 
tests is given in figure 1. The principal dimensions 
given in the figure and other pertinent information are 
given in the following list: 
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Span, ft 12 

Area, sq ft ! ! *. 24 

Aspect ratio 6 

Taper ratio g.p 

Geometric and aerod;,Tiamic twist (washout) , deg . . . 4.2 

Root section ~ NACA 23016 

Tip section NACA 23009 

Dihedral (along the 1/4 chord line), deg 0 

Sweepback (along the 1/4 chord, line), cleg .... 3.18 


The wing was of built-up steel construction and was 
machined in such a manner that surface elements connecting 
equal percentage-chord points of the root and tip sections 
were straight lines. 


Thirty- three pressure orifices were distributed over 
each of six wing sections, the spanwise locations of which 
are given in figure 1. The chordwise distribution of 
pressure orifices for a typical section is also shown in 
figure 1. The pressure tubes ./ere brought out of the wing 
to multiple- tube manometers in the test chamber by means 
of the boom and movable strut arrangement shown in fig- 
ure 2. For the force tests the boom and strut were 
removed and the boom replaced with a short fairing, which 
is shown in figure 1. 


The wing was mounted at the tunnel center line on 
shielded struts having a thickness -chord ratio of 0.15. 
The thickness -chord ratio of the shields was 0.124. Fig- 
ure 3 is a photograph of the wing mounted upright in the 
tunnel for the force tests. 


Most of the te-^t runs were made with the angle of 
attack held constant while the tunnel speed wr s varied 
from about 150 miles per hour to the maximum speed 
obtainable, which for wing angles of attack between 0° 
and 4° wag approximately 520 miles per hour. The corre- 
sponding Mach number range was from"' 0.20 to 0.70, and 
the corresponding range of average Reynolds number was 
from 3.0 x 10'- to 63.1 x 10 c . Figure 4 shows the varia- 
tion of average Reynolds number with Mach number. For 
very large wing angles of attack the maximum obtainable 
tunnel speed was about 460 miles per hour, which corre- 
sponds to a Mach number of about 0.G25. In the deter- 
mination of maximum lift coefficients additional tests 
were made with the tunnel speed held constant while the 
angle of attack was varied in the region near maximum 
lift. The geometric angle -of -at tack range of the tests 
was from -10° to 24°. 
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In the load-distribution tests the static pressures 
over the six wing sections, as indicated by several 
multiple -tube manometers, were recorded photographically. 
The chordwise pressure distributions determined from 
these photographic records were integrated mechanically 
to find the "action normal -force coefficients. 


CORRECTIONS 


Force dat a.- The force data have be-^en corrected for 
strut tares, air-stream misaiineraent , and tunnel-wall 
effect". 


The strut tare forces were de 
with the wing inverted with and •.;! 
struts installed. A photograph of 


te mined from tests 
thout image support 
the inverted wing with 


the image struts installed is given in figure 
largest increments of lift coefficient due to 
struts were between 0.03 and 0.04. 


5 . The 
the support 


The effective misaiineraent angle of the air stream 
was determined from tests of the wing upright and inverted 
with the image struts installed and was found to be constant 
at 0.15° throughout the speed range of the tests. 

In order to prevent air leakage through the strut 
shields, thin rubber diaphragms were fitted around the 
bases of the shields. An additional correction to the 
lift was necessitated because of a pressure differential 
across the diaphragms. This pressure differential was 
measured during the force tests by means of a micro- 
manometer, and a calibration was made with the wing 
removed to determine the variation of lift force with 
pressure differential. This correction was very small 
in the region of maximum lift (less than one -half of 
1 percent at all speeds) . 


The effects of the tunnel walls were accounted, for 
by the methods of references 5, 6, and 7 as follows: 

The principal part of the an.gle-of-attack correction 
given in reference 5 is 


a (III = 5 ' 7,5S f ;c T d£; c reG s 

This equation is strictly valid only for the ca 
elliptical spanwise load, distribution. A check 


se of an 
calculation 


CONFIDENTIAL 


7 


' 


IT AC A ACR No. L£G10 


b y a more exact but more detailed procedure based on the 
experimentally determined span loading revealed that the 
error incurred by the use of the simpler form was negli- 
gible. At a wing lift coefficient of 1.0 the correction 
was 0.03°. 


An additional correction to the angle of attack 
due to an induced curvature of the flow was calculated 
from the equation 


AagQ 




This equation is based on the original incompressible- 
flow derivation of reference 6. The modification 

/l - M 2 is given in reference 5. This correction 
amounted to 0.16° at a lift coefficient of 1.0 and a 
J'lach number of 0.6. 


Corrections to the stream velocity, dynamic pressure, 
and Mach number, and to the wing Tift coefficient due to 
constriction effects were calculated by the method of 
reference 7. The correction to the velocity is 



0. 6bct 


Cp ■ c 
~ > o 


(BH) 


*72 


__ • U V U _j_ u 

( Vl - 4Ii( '/l - M 2 j ‘ 


where AV is the effective incremental velocity due to 
constriction, 3 and H are the breadth and height of 
a rectangular tunnel, and Cd q is the wing profiie-drag 
coefficient. The two terms on the right of the equation 
give the velocity increments due, respectively, to "solid 5 * 
constriction and "wake" constriction. Since the magnitude 
of the wake constriction effect is a function of the velocit?/- 
loss in the wake and the size of the wake, the correction 
is expressed in terms of the profile-drag coefficient, 
which is also a function of those quantities. 


No theoretical treatment of the problem of constric- 
tion effects for a finite wing in a circular tunnel exists 
at the present time, and the foregoing relation was thought 
to represent the best available approximation. As modified 


for the case of the 

circular tunnel 

, the equation became 

AV _ 

0. 6bc"t 

C B 0 ° 

V ^372“ 

( \/l - M 2 ) 3 

4H (j/l - M 2 ) 2 
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where H in this case is 
in the region occupied by 
corrections to the dynamic 
ence 5) , and. wing lift coe 


the average height of the tunnel 
the wing. The constriction 
pressure, Mach run her (refer- 
fficient are as follows: 


to 

q 



AM _ 


\ x + U • ^ I 
\ / 


L'J 


V 



Or 


iq 

q 


The correction s were small for 
the entire" Mach number range. 


autac 


*a 


low angles of attack over 
At a geometric angle of 
and a Mach number of 0.7 the corrections to 
the lift coefficient and Mach number were, respectively, 
1.0 percent and O.G percent. At angles of attack above 
the stall where the drag became very large (indicative of 
a large wake) , the corrections assumed some importance. 

At a geometric angle of attack of 24° and a Mach number 


of 0.6' the c; 


’ee ci one 


'GO 


4-i 


he lift co; 


.cient and 


ich 


number were 4.2 oercent and 2.2 percent, respectivelv, 


Pressure-distribution data .- The pres sure- distribution 
data have been corrected .for the principal effects of the 
support struts in that the free- stream values of static 
pressure and dynamic pressure upon whicl the pressure 
coefficients were based were determined from a survey of 
the flow in the test section with the support struts and 
shields installed. Some small local effects cf the 
struts on the spanvise load distribution remain. These 
effects will be discussed in the section entitled "Results 
and Di s c us s i on . " 

The effect of the tunnel walls on the spanwlse load 
distribution was considered and found to be very small $ 
consequently, these data as presented are uncerrected 
for tunnel-wall interference. 


jILOu 


AID DISCUSSION 


lift 


Wing lift characteristics (force test resul ts) . - The 
characteristics o." the wing as a function of angle 
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of attack and Mach number are shown in figures 6 and 7. 
Figure 6 is presented to indicate by the scatter of the 
test points the precision with which the data were 
obtained, ^he same data with the test-point symbols 
removed and with the horizontal lines drawn for constant 
and even values of angle of attack are given in figure 7. 


The variation of maximum lift coefficient 


'•“-max 


with Mach number is shown in figure 8. The maximum lift 
coefficient increases with increasing Mach number until 
a Mach number of about 0.30 is reached. This increase can 
probably be attributed to a combination of Reynolds number 
and ' f ach number effects; however, the Reynolds number effect 
probably predominates in this region. As the Mach number 
is increased above 0.30, the maximum lift coefficient 
decreases at an increasingly rapid rate until a Mach number 
of about 0.55 is reached. In the region between M = 0.55 
and M = 0.625 the rate of decrease of maximum lift coef- 
ficient with Mach number is considerably reduced. 

The lift-coefficient curves of figure 7 are presented 
again in figure 9, plotted to a common angle -of -at tack 
scale to illustrate more clearly the changing character 
of the stall as the Mach number is increased. As the 
Mach number increases above 0.30 the angle of attack at 
which the wing stalls progressively decreases; also, at 
Mach numbers below 0.55 the stalling angle and the angle 
for maximum lift are approximately the same. At Mach 
numbers above 0.55, however, the maximum lift coefficient 
occurs at an angle of as tack 10° to 12° higher than that 
at which pronounced separation of the flov. begins. 


These data indicate that for airplanes with wings 
similar to the test wing there exists at high speeds a range 
of maximum obtainable lift coefficient. This range extends 
from the lift coefficient corresponding to the initial 
stall (such as shown by the lower dashed curve of figure 8) 
to that corresponding to the actual maximum lift coefficient 
of the wing. At the lower value of lift coefficient 
corresponding to the change in slope of the lift curves of 
figure 9, increases in stability due primarily to decreases 
in downwash angle are likely to "occur. It might be expected 
therefore that at high speeds the amount of elevator control 
available would be an important factor in determining the 
maximum lift coefficient obtainable (reference 4). Thus, 
an airplane with a limited amount of elevator control 
might be capable of reaching an angle of attack only a few 
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decrees above the stall, and the maximum lift coefficients 
obtainable might be only slightly greater than those 
represented b 7 , r the lower cashed curve of figure S. Tail 
b -f feting is also likely to occur when the flow separates 
from the' Wing, so that piloting technique cannot be over- 
looked as a possible determining factor. Finally, at very 
high Mach numbers it is possible that actual instability 
might be encountered, in which case high angles of attack 
and high lifts might be obtained inadvertently regardless 
o f t he c o nt r o 1 pc e r . 

S panwise Hoad distribution.- Spanwise load distri- 
bution' curves for a number of values of ring normal-force 
coefficient and Mach number are shown in figure 10. As 
mentioned previously the principal effect of the support 
struts (which is to increase the effective stream velocity) 
was accounted for by calibrating the tunnel with the struts 
. 

the lift at a given angle of attach by a small amount ana 
to produce a alight distortion in the span loading. This 
distortion may be seen as a dip in the curves of figure 10 


dashed curves of figure 10 represent tne load disr.rc outions 
before and after the stall, respectively. 

'The curves of figure 11 summarise the changes in span 
loading that were found to occur at the higher test speeds. 
No significant changes in the span loading were found to 
occur below the stall at any of the speeds of the test, 
even when shock waves were well established over the center 
part of the wing. Changes in the span loading were 

• however, 

the center of load being shifted outboard. These changes 
at the higher speeds were found to be moderate. The 
largest corresponding increase in bending moment at the 
root (for constant lift) was found to be about 10 percent 
at a Mach number of 0.55 and a wing normal-force coefficient 
of about 0.95. The changes in load distribution due to 
stalling at low speeds were somewhat larger than those at 
high speeds but are not of particular significance because 
the total lift cannot be maintained beyond the stall. 

A comparison of the experimentally determined load 
distribution curves at M = 0.40 with those calculated 
by the method of reference 0 is shown in figure 12 for 
values of wing normal-force coefficient of 0 and 1.0. 


near the spanwise station 
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The agreement shown is typical of that existing in the 
unstalled part of the lift curves. 


C 01IG I7JDING RSI ARKS 


Wind-tunnel tests of a tapered wing 
airfoil sections at Mach numbers ranging 
have shown that: 


of NACA 250- series 
from 0.15 to 0.7 0 


1. The maximum lift coef 
increasing Mach number up to 
the Mach number was increased 
mum lift coefficient decrease 


ficient first increased with 
a Mach number of 0.3. As 
above this value the raaxi- 
d rapidly. 


2. A large reduction 
mum lift coefficient with 
Mach number range of 0.55 
of 0.625 was the highest 


in the rate of decrease of maxi- 
Mach number occurred in the 
to 0.625. The tunnel Mach number 
value that could be obtained at 


the large angles of attack requisite for maximum liJ 


3. At Mach numbers b e low 0.55 the angles of attack 
at which the maximum lift coefficient vas reached and at 
which stalling occurred were approximately the same. At 
Mach numbers above 0.55 the angle of attack at which the 
maximum lift coefficient was reached was 10° to 12° beyond 
the angle at which the wing initially stalled. 


4. No significant chances 
occurred below the stall at any 


in the span load distribution 
of the speeds tested. 


5. Moderate changes in the span 1 
occurred when the wing stalled at high 
of load being shifted outboard. The 1 
increase in bending moment at the wing 


cad distribution 
speed, the center 
arrest corresponding 
root for constant 
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lift was about 10 percent and occurred at a Mach number 
of 0.55 and st a ring normal-force coefficient of about 
0.95. 


Langley Memorial Aeronautical Laboratory 

National Advisory Committee for Aeronautics 
Langley Field, Y& . 
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Typical chordwise distribution 
of orifices 
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Figure I Principal wing dimensions and locations of pressure orifices. 
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Figure 2.- Rear view of wing showing boom and strut assembly used to conduct 

pressure tubes to manometers. 
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Figure 3.- Rear view of wing mounted upright in the tunnel for force 

measurements . 
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Fig. 4 



F’/'qu.re. d-.~ Variation of average Reyno/ds number 
U wifh Mach number. 

C - 2.0 feet- 
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Figure 5.- Front view of inverted wing with image support struts installed 

for determination of strut tare forces. CONFIDENTIAL 


NACA ACR No. L5G10 Fig 


NACA ACR No. L5G10 


Fig. 6 
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Figure 6- Wing lift coefficient as a function of angle of attack 

and Mach number. 
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Fig. 7 
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Figure 7. - Wing lift coefficient as a. function of angle of attack 

and Mach number. 
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Figure 10. — Span Wise load distribution curves for several va/ues 
of wing nor/na/-force coefficient and Mach number. 
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Fig. 10c, d 
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Fig-. 10e,f 



F/gure. /O. - Cont/nc/ed. 
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Fig. lOg, h 




Figure ZO.~ Condudad. 
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Figure / /.- Effect of compressibility on s panwise ioad distribution for sev era/ 


yaiues of w ing norma/-force coefficient. 
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